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SUPERSONIC WAVE INTERFERENCE AFFECTING STABILITY 
By Eugene S. Love 
SUMMARY 
Some of the s ignif icant  interference f i e l d s  tha t  may af fec t  s t a b i l i t y  
of a i r c r a f t  a t  supersonic speeds are b r i e f ly  summarized. I l l u s t r a t ions  
and calculations are  presented t o  indicate the importance of interference 
f i e l d s  created by wings, bodies, wing-body combinations, jets,  and nacelles. 
INTRODUCTION 
I n  a i r c r a f t  and missile configurations one aerodynamic surface more 
often than not l i e s  within the region of influence of the flow f i e l d  gen- 
erated by another aerodynamic surface o r  by a jet .  When t h i s  occurs, the 
flow f i e l d  i s  regarded as an interference flow f i e ld .  This paper w i l l  
attempt t o  cover, i n  a general way, interference flow f i e l d s  tha t  may 
a f fec t  s t ab i l i t y ,  not with the idea t h a t  these f i e lds  have not been known 
t o  ex is t ,  but ra ther  with the intent  of drawing increased at tent ion t o  
t h e i r  re la t ion  t o  s t a b i l i t y .  
The interference from vortex flows i s  known t o  have important e f fec ts  
upon s t ab i l i t y ;  however, vortex flows and viscous e f fec ts  w i l l ,  with minor 
exceptions, be neglected. 
SYMBOLS 
A aspect r a t i o  
b Span 
c 'chord 
slope of pitching-moment curve 
C n ~  ra t e  of change of yawing-moment coefficient with s ides l ip  
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side-force coefficient 
body diameter 
jet diameter at jet exit 
free-stream Mach number 
jet Mach number at jet exit 
local static pressure 
static pressure at jet exit 
free-stream static pressure 
local dynamic pressure 
free-stream dynamic pressure 
surface area 
longitudinal coordinate 
spanwise coordinate 
vertical coordinate 
angle of attack 
sideslip angle; also 
specific-heat ratio of free stream 
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specific-heat ratio of jet 
flow-deflection angle; also bluntness angle of airfoil 
upwash angle 
nozzle divergence angle 
shock angle 
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DISCUSSION 
Wings 
Consideration w i l l  be given f i r s t  t o  the interference flow f i e l d s  
ar is ing fromthe wings. Figure 1 presents the portion of a two-dimensional 
wing interference flow f i e l d  bounded by the leading-edge and trailing-edge 
shocks, generally referred t o  as the d i r ec t  f i e l d  of the wing as contrasted 
with the indirect f i e ld ,  which i s  defined as the f i e l d  downstream of the 
trailing-edge shock. Superposed on the d i rec t  f i e l d  are a body and t a i l  
surfaces. Insofar as the t a i l  surfaces only are  concerned, the effects  
of the indirect  wing interference f i e l d  are, i n  general, not large u n t i l  
the d i rec t  f i e l d  comes i n  close proximity of the t a i l  surfaces. As  illus- 
t r a t ed  by the d i rec t  f ie ld ,  the e f fec t  of increasing Mach number i s  t o  
sweep the f i e l d  back over the t a i l  surfaces as  shown. When t h i s  occurs, 
the properties of the flow f i e l d  i n  which the ve r t i ca l  t a i l  yaws and hori- 
zontal t a i l  pitches may be s ignif icant ly altered; as a resul t ,  large 
changes i n  the t a i l  contribution t o  s t a b i l i t y  may be expected. The vari-  
a t ion in  dynamic pressure i n  the d i rec t  f i e l d  is  indicated at several 
positions by the r a t i o  of loca l  t o  free-stream dynamic pressure q/q, 
and i s  seen t o  be appreciable. 
Figure 2 shows the d i rec t  flow f i e l d  a t  M, = 3.0 with the con- 
figuration a t  an angle of attack. A comparison of the f i e l d  with tha t  
given i n  figure 1 f o r  the same semiwedge angle of the leading edge 6 
and the same thickness r a t i o  t / c  shows tha t  the e f fec t  of increasing a 
i s  t o  decrease the dynamic pressures i n  the upper-surface interference 
f i e ld ,  the converse being t rue fo r  the lower-surface interference f i e ld .  
Also, increasing a tends t o  move the d i rec t  f i e l d  off the t a i l  surfaces. 
I n  contrast with the e f fec t  of angle of attack, when the wing i s  placed 
a t  incidence as might occur with missiles ( i l l u s t r a t ed  i n  the sketch a t  
the bottom of f ig .  2 ) ,  the d i rec t  f i e l d  from the upper surface moves well 
onto the upper t a i l  surfaces. 
I n  order t o  emphasize the e f fec ts  of angle of attack and t o  show i n  
proper perspective the e f fec ts  of bluntness and of thickness on the dynamic 
pressures i n  the d i rec t  f i e ld ,  f igure 2 also shows the configuration with 
t 
a f la t -p la te  wing (6 = oO, - = 0 ) .  Thickness dis t r ibut ion and thickness 
C 
r a t i o  a l t e r ,  for  th'e most p a t ,  the dis t r ibut ion of dynamic pressure, 
whereas the wing bluntness i s  the primary factor  i n  determining the 
general magnitude of the dynamic pressures. This effect  may be readily 
visualized a t  a = o0 by considering the thickness r a t i o  t o  be reduced 
by thinning the center portion of the wing while holding the bPd.ntness, 
or semiwedge angle 6 of the wing, constant. Obviously, the Mech num- 
ber a t  which t h i s  type of interference i s  encountered I s  dependent u2on 
overal l  geometry; fo r  example, the low position of the horizontal t a i l  
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indicated i n  figure 1 a t  M, = 3.0 would be well removed from the t r a i l i n g  
shock of the d i rec t  f i e ld .  The present trend i n  the design of supersonic 
a i r c r a f t  is  toward much shorter t a i l  lengths than pictured; fo r  such con- 
figurations the d i rec t  f i e lds  would be encountered a t  lower Mach numbers 
than implied by these examples. This type of interference diagram can 
a lso  be of assistance i n  estimating, for  example, where a given amount of 
ve r t i ca l  t a i l  area might be added t o  obtain the most favorable gain i n  yaw 
stabi l izat ion,  or i n  assessing the  downwash i n  the region of t a i l  'surfaces 
immersed i n  the d i rec t  f i e ld .  
A n  experimental i l l u s t r a t ion  of the e f fec ts  of Mach number and angle 
of attack shown i n  figures 1 and 2 may be seen i n  figure 3 which presents 
schlieren photographs of a configuration of similar geometry i n  which the 
two-dimensional portions of the wing flow f i e l d  are accentuated i n  the 
prof i le  views. 
I n  the lower-surface interference flow f i e l d  fo r  M, = 3.0 and 
a = 20° shown i n  figure 2, a s ignif icant  loss  i n  dynamic pressure remains 
near the downstream edge of the interference f ie ld ,  although the loca l  
Mach number is  obviously s t i l l  l e s s  than the free-stream value. This 
loss  may be traced d i rec t ly  t o  the  shock losses. Some discussion of the 
shock losses, or  the 'Iq-loss1' effects  thus seems i n  order. I n  figure 4 
curves for  constant loca l  shock incl inat ion es are  presented which show 
the dynamic-pressure r a t i o  ql/& as a function of the free-stream Mach 
number Moo for  the par t icular  case of the flow downstream of the shock 
having returned t o  a Mach number M 1  t ha t  is  essent ial ly  equal t o  I&,; 
t ha t  i s ,  M 1  = M, without being affected by a change i n  shock inclina- 
t i on ,  Such conditions occur only i n  two-dimensional flows, but these 
flows serve t o  i l l u s t r a t e  the point i n  simplified form. A two-dimensional 
surface satisfying these conditions i s  shown i n  the upper r ight  of f ig-  
ure 4. I n  the region immediately downstream of the centered expansion, 
but upstream of the reflected influence from the shock, the only s igni f i -  
cant difference of the loca l  flow from the free-stream flow i s  a loss  i n  
dynamic pressure. I f  a s tab i l iz ing  surface ,(as i l l u s t r a t ed  by the f l a t  
p la te )  were yawed i n  t h i s  region, the side force acting on t h i s  surface 
would be reduced by the factor  ql/% as compared t o  tha t  acting on the 
same surface yawing i n  the f ree  stream. Therefore, the surface area must 
be increased by the r a t i o  %/ql; t ha t  is, S1 = - S, i f  the surface 
q1 
i s  t o  real ize the same side force tha t  i s  obtained by the or ig ina l  sur- 
face area S ,  i n  f ree  stream. For example, a t  I&, = 3.5 and Os = 480 
(6 = 30°) the area of the surface would need t o  be doubled. Downstream 
of the i n i t i a l  ref lect ion from the shock the required increase i n  area 
would be lessened according t o  the influence of the attenuation i n  shock 
strength. 
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With regard t o  shock strength, there i s  the inherent requirement 
tha t ,  for  q-loss e f fec ts  t o  be significant,  the shock must be strong. 
Values of the shock-strength parameter (M, s i n  Os - 1) are superposed 
on the q-loss curves. Since normal shocks have zero strength a t  & = l, 
it i s  clear  tha t ,  i n  general, the q-loss e f fec t  becomes important only a t  
the higher free-stream Mach numbers. The shock-strength parameter affords 
a simple and convenient means of judging the necessity fo r  considering the 
poss ib i l i ty  of s ignif icant  q-loss effects .  
This simplified i l l u s t r a t ion  of the q-loss e f fec t  indicates tha t  con- 
di t ions w i l l  a r i s e  where it ~iill be necessary t o  account for ,  o r  compensate 
for ,  t h i s  effect  upon s tab i l iz ing  surfaces by increasing stabilizing-surface 
area, improving the l i f t  effectiveness of the surface, o r  by juggling the 
q-loss through changes i n  configuration design. For r e a l i s t i c  configura- 
t ions such as those shown i n  the lower r ight  of figure 4, the determina- 
t i on  of the q-loss and the necessary compensation requires more elaborate 
calculations. However, it may be reasoned t h a t  a t  the higher Mach numbers 
a blunt-nose configuration having a detached shock may produce a large 
q-loss and a large gradient i n  q-loss; canard surfaces placed well for- 
ward would be subjected t o  these losses. A typ ica l  supersonic a i r c r a f t  
configuration as i l l u s t r a t ed  might experience significant q-loss e f fec ts  
upon i t s  t a i l  surfaces as a r e su l t  of the t o t a l  loss  through shocks from 
the nose, canopy, and wing leading and t r a i l i n g  edges, although the indi- 
vidual shocks might have re la t ive ly  small q-loss effects .  I n  recent t e s t s  
of a configuration having a short  fuselage, the vortex layer stermning from 
the intersection of the nose and canopy shocks was observed t o  pass across 
the ve r t i ca l  t a i l .  Since t h i s  vortex layer divides regions of different  
q-loss, t h i s  phenomenon may prove t o  be another factor fo r  consideration. 
For configurations a t  high angle of attack, the q-loss and also the q-gain 
(such as shown previously for  the lower surface of wings a t  angle of a t tack)  
may be expected t o  have important effects .  
Beyond Mach numbers of the order of about 1.3, the downwash tha t  
ex is t s  a t  the t r a i l i n g  edge of an a i r f o i l  a t  lower speeds reverts  t o  
upwash. This upwash i s  considered i n  figures 3 and 6 fo r  two-dimensional 
a i r f o i l s  and f i e lds  of flow. The magnitude of the i n i t i a l  upwash ci 
immediately downstream of the t r a i l i n g  edge of a symmetrical a i r f o i l  is  
shown i n  figure 5. The i n i t i a l  upwash increases with Mach number, angle 
of attack, and bluntness; a t  the higher Mach numbers and angles of attack, 
it is  apparent tha t  the i n i t i a l  upwash of even a f l a t  plate  cannot be con- 
sidered negligible. 
The upwash t h a t  is  l ike ly  t o  occur i n  the v ic in i ty  of a downstream 
horizontal t a i l  as a r e su l t  of the presence of the wing i s  of par t icular  
importance. I n  t h i s  regard, the re la t ive  magnitude of the i n i t i a l  upwash 
for  the f l a t  plate  and blunt a i r f o i l  may be misleading and must be mod- 
erated because of the manner i n  which the downstream interference from 
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t he  wing flow f i e l d s  reduces t he  upwash. A t  the  top of f igure  6 t he  
downstream upwash f o r  a f l a t  p l a t e  i s  i l l u s t r a t e d .  A s  shown by the  sketch, 
t he  i n i t i a l  upwash from the  t r a i l i n g  edge of the  f l a t  p l a t e  does not 
decrease u n t i l  some distance x i  i s  reached, a t  which point  the  wing 
interference f i e l d  begins t o  reduce t h e  upwash. An example of t he  var i -  
a t i o n  of xi/c with Mach number is  shown t o  the  r i g h t  of t he  sketch. 
The e f f ec t  t h a t  increasing Mach number has i n  increasing t he  i n i t i a l  
upwash, as  was shown i n  f igure  5 ,  is  seen t o  be o f f s e t  by t he  decrease 
i n  the  downstream extent  of t he  i n i t i a l  upwash. It is  important t o  note, 
however, t h a t  a t  = 5 the  i n i t i a l  upwash angle, which i s  about 4 O  f o r  
t h i s  angle of at tack,  would remain fo r  about a half  chord length  down- 
stream before it would begin t o  decrease. 
For t he  th ick  a i r f o i l  the  i n i t i a l  upwash begins t o  decrease immedi- 
a t e l y  behind the  t r a i l i n g  edge since t he  wing interference f i e l d  comes 
i n to  play immediately, as  shown by t he  sketch i n  the  lower port ion of 
f igure  6. An example of the  decay i n  upwash f o r  a th ick  a i r f o i l  is  shown 
t o  t he  r i g h t  of t he  sketch. From t h i s  example, one may conclude t h a t  a t  
l a rge  a and high Mach numbers, t a i l  surfaces t h a t  a re  c losely  coupled 
t o  the  wings w i l l  experience several  degrees of upwash. Further, t he  
l a rge  upwash near t he  t r a i l i n g  edge of the  wing i s  important t o  wing- 
body interference.  
Bodies 
The in terference flow f i e l d s  created by bodies w i l l  be considered 
next. Figure 7 presents isobar-streamline f i e l d s  f o r  a slender and a 
b lu f f  body. 
 h he f i e l d  f o r  the  slender body was obtained by extensions 
t o  t he  cha rac t e r i s t i c  calcula t ions  of r e f .  1.) For c l a r i t y  only a few 
of t he  calculated isobars and streamlines a r e  shown f o r  t he  bodies. It 
i s  apparent t h a t  the  aerodynamic charac te r i s t i cs  of surfaces immersed 
i n  such f i e l d s  w i l l  be a l t e r ed  considerably, as  w i l l  be shown subsequently. 
The f i e l d  f o r  the  bluff  body i s  qu i te  d i f f e r en t  from t h a t  f o r  the  slender 
body. I n  t he  bluff-body f i e l d  t he  divis ion l i n e  of pressure gradients 
t h a t  has i t s  orgin at  the  point  of tangency on t he  body surface is  sharply 
defined. Ahead of t h i s  l i n e  t h e  pressures i n  the  f i e l d  a re  f a l l i ng ;  behind 
it they a r e  r i s i ng .  
Inasmuch as  the  nose shock es tabl ishes  t he  forward l i m i t  of t he  body 
interference f i e l d ,  it is  of i n t e r e s t  t o  examine the  forward l i m i t  of t h e  
f i e l d  as  given by the  exact shock and by the  commonly employed approxi- 
mate l im i t s  given by the  shock based on the  nose angle only and by the  
free-streamMach l i ne .  Figure 8 presents a comparison of t he  exact and 
t he  approximate l im i t s  a t  severa l  Mach numbers fo r  t he  b luf f  body of t he  
preceding f igure .  One read i ly  observes t h a t  large e r ro r s  may be introduced 
by e i t h e r  of the  approximate l im i t s .  An example of the  r e l i a b i l i t y  of t he  
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exact shock calcula t ions  may be seen by comparing the  calculated exact 
shock f o r  & = 1.94 with the  upper left-hand schl ieren photograph of 
f igure  3. The wing and forebody a re  the  same fo r  both the  calcula t ion 
and t he  photograph; the  experimental nose shock i s  seen t o  touch t he  fo r -  
ward .wing t i p  as  predicted by t h e  exact calcula t ion.  Figure 8 a l so  shows 
t h a t  the  d iv i s ion  l i n e  of pressure gradients experiences s ign i f ican t  
changes i n  inc l ina t ion  with Mach number. 
A s  an a i d  i n  i l l u s t r a t i n g  t h e  e f f e c t  of flow incl inat ions  produced 
by t h e  body, the  flow inc l ina t ion  has been calculated at  severa l  Mach 
numbers f o r  the  point  i n  the  f i e l d  designated i n  f igure  8 by the  c i r c l ed  
= 4.18, = 2.50).  I n  the  upper l e f t  of f igure  9 the  calculated D 
inc l ina t ion  a t  t h i s  point  i s  presented as  a function of Mach number. I n  
general,  t h e  flow inc l ina t ion  increases with free-stream Mach number u n t i l  
t he  exact shock passes behind t h e  point a t  = 2.63. This change of 
flow inc l ina t ion  with Mach number explains f o r  the  most p a r t  some r e s u l t s  
of a skewed-store invest igat ion conducted a t  t he  Langley Laboratory 
( r e f .  2) .  These r e s u l t s  a t  Mach numbers of 1 .41 and 1.96 a r e  shown i n  the  
lower half  of f igure  9. The side-force coeff ic ient  of t h e  s t o r e  i n  the  
presence of the  wing-body combination is  shown fo r  the  skewed and unskewed 
condition. The order of magnitude of t he  skew necessary t o  produce zero 
s ide  force a t  a = o0 is  i n  general  agreement with t h a t  indicated t o  be 
necessary from a consideration of the  flow inc l ina t ion  created by the  
body alone (upper l e f t ) .  Some dif ferences  a re  t o  be expected because of 
the  omission of the  e f f ec t s  of the  presence of the  wing and because of 
differences i n  body geometry. The experimental s to re  invest igat ion of 
reference 2 a l so  showed t h a t  increasing the  forebody length (no change 
i n  forebocy shape) reduced the  amount of skew necessary f o r  Cy = 0 
at  a = 0'. This var ia t ion  is  a l so  t o  be expected as indicated by t he  
calcula ted change i n  flow - incl inat ion with forebody length shown i n  the  
upper r i g h t  of f igure  9. 
Wing-Body Interference 
The in terference between bodies and wings i s  considered i n  t h i s  
sect ion.  Wing-body interference has been and remains t he  subject  of 
extensive t heo re t i c a l  and experimental s tudies  and i s  perhaps the  most 
fami l ia r  type of interference problem. Therefore, only a few aspects of 
the  problem are  considered herein. It i s  ins t ruc t ive  t o  examine f i r s t  
a general  representation of wing-body interference.  Figure 10 presents 
some examples of experimental r e s u l t s  i n  the  low angle-of'-attack range 
from t e s t s  at  t he  Langley Laboratory ( r e f s .  3, 4, and 5 )  of wing-body 
combinations which show, i n  addi t ive  form, the  r a t i o  of the  slope of the  
pitching-moment curve of the  components and of the  interference quan t i t i es  
t o  t he  slope of the  pitching-moment curve of the  wing-body combination 
where : 
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we exposed wing alone 
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W(B) wing i n  presence of body 
w(b)  interference on wing due t o  body 
B body alone 
b (4 interference on body due t o  wing 
WB wing-body combination 
Cma slope of pitching-moment curve 
For emphasis, the regions corresponding t o  interference quantit ies 
have been cross-hatched, single cross-hatching denoting a positive moment 
contribution and double cross-hatching meaning a negative moment 
contribution. 
For most a i r c ra f t  configurations tha t  are  subjected t o  s ignif icant  
interference a t  low angle of attack, the interference on the body due t o  
the wing b(w) i s  more important than the interference on the wing due 
t o  the  body w(b), as indicated i n  these examples. -Particular at tent ion 
i s  &awn t o  the  interference on the body due t o  the wing and t o  i ts  vari- 
a t ion with the r a t i o  of wing span t o  maxbum body diameter b/D. Since 
t h i s  interference i s  always s tabi l iz ing it is apparent tha t  the wing- 
l i f t  carryover effects  upon the body are more important than the t i p  
e f fec ts  which are destabilizing. As b/D increases, both the wing-lift 
carryover effects  and t i p  effects  move rearward on the body, and eventually 
the t i p  e f fec ts  move off the body. A t  a value of b/D corresponding t o  
the  condition fo r  which t i p  e f fec ts  would vanish (as i l lu s t r a t ed  by the  
sketches) the interference on the body due t o  the wing reaches a maxi- 
mun; further increase i n  b/D reduces the interference as the r e su l t  of 
loss  of wing-lift carryover. 
The re la t ion  of the wing interference f i e l d  t o  t h i s  interference on 
the  body due t o  the wing is  i l lu s t r a t ed  i n  figure 11 for  a ser ies  of 
rectangular wing and body combinations for  which the chord of the wing 
was held constant. The upper portion of the figure presents only the 
interference on the body due t o  the wing ( i n  the same form as shown i n  
f i g .  10) as a function of b/D for  several Mach numbers, and as  a func- 
t i o n  of Mach number for  several values of aspect r a t i o  A (and span- 
diameter r a t i o ) .  The point t o  be noted is  not so much the similar areas 
represented by the interference quantit ies,  whether expressed as a func- 
t i o n  of b/D or  of &, which may resul t  from no more than a fortuitous 
choice of scales of the abscissas, but rather  the similar trends i n  the 
interference pitching moment with e i ther  b/D or Moo. Because of these 
s i m i l a r  trends, it i s  suspected tha t  the resul t s  may be correlated on the 
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basis  of equal areas of influence created on the body by the  wing. On 
t h i s  basis a simple expression may be derived t h a t  w i l l  give equal areas 
of influence on the body from a strip on the wing f o r  rectangular wing 
and cyl indl ical  body combinations. This expression i s  M i  ' 
28 b 
where Mi i s  the interference pitching moment, p i  i s  the  a;er&ge inter-  
ference pressure, and p is  the speed parameter \ I x i .  Inasmuch as 
the chord i s  constant f o r  the wings of t h i s  ser ies ,  the r e su l t s  may be 
correlated by the factor  g) (f) with the implication t h a t  d i f fe r -  
ences observed i n  such a cdrrelation are  indicative of the changes i n  p i 
due t o  Mach number. The correlation i s  shown a t  the bottom r ight  and 
serves t o  substantiate the idea t h a t  the  observed s imi lar i t ies  i n  trends 
of the interference pitching moment are  due primarily t o  simulation of 
equivalent areas of influence. 
Figure 12 presents schlieren photographs i l l u s t r a t ing  a type of 
interference tha t  stems from wing-body junctures and is  apparently peculiar 
t o  l i f t i n g  conditions. The top two photographs a t  I& = 2.62 show tha t  
under l i f t i n g  conditions a shock may originate near the t r a i l i n g  edge of 
the wing a t  the wing-body juncture as the r e su l t  of wing-body interact ion 
and viscous effects .  Shocks of t h i s  type can interact  with the horizontal 
t a i l  and af fec t  the longitudinal s t ab i l i t y .  With decreasing Mach numbers 
such shocks tend t o  become more diffuse,  as shown a t  I& = 2.22; a t  
M, = 1.62 separation occurs ahead of the wing-root juncture, and the 
shocks and downstream pressure gradients associated with t h i s  separation 
a l t e r  the loading on the wing. 
J e t s  and Nacelles 
The theore t ica l  interference flow f i e l d  produced by a supersonic 
j e t  exhausting into a supersonic stream i s  i l l u s t r a t ed  i n  figure 13 i n  
isobar-streamline form.  h he basic character is t ic  net fo r  f ig .  13 i s  
given i n  r e f .  1; the  isobars were computed from t h i s  net.)  The i n i t i a l  
conditions are  indicated i n  the figure.  The static-pressure r a t i o  of 
about 9 corresponds t o  the upper l i m i t  of operation of turbojet  with 
afterburner or  t o  the lower or  moderate range of rocket operation. 
Attention i s  directed t o  the large gradients i n  pressure and t o  the flow 
inclinations tha t  occur i n  the ambient f i e l d  as a r e su l t  of the j e t ' s  pres- 
ence. Of par t icular  importance i n  evaluating the limits of the inter-  
ference f i e l d  is  the large curvature of the e x i t  shock. This curvature 
i s  accentuated fo r  je t  interference f ie lds  by the t rans i t ion  from a two- 
dimensional turning a t  the je t  e x i t  t o  a three-dimensional turning away 
from the j e t  ex i t .  
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Figure 14 gives some examples of the calculated pressures tha t  the 
interference f i e l d  of figure 13 would create on a f l a t  plate  immersed i n  
the f i e l d  a t  several r ad ia l  positions. Only the pressure immediately 
downstream of the interaction of the ex i t  shock with the plate  are  pre- 
sented. It is  a t  once apparent tha t  the je t  may create large loads on 
the plate  and t h a t  the regions of influence may be extensive. The impor- 
tance of the plate  position i n  the f i e l d  and i t s  angle of attack are 
equally apparent. These theoret ical  indications are i n  q~xal i ta t ive agree- 
ment with experimental findings. (see r e f .  6, for  example.) 
I f  the plate  considered i n  figure 14 were a s tabi l iz ing surface, 
the je t  would be expected t o  have a significant e f fec t  upon s t ab i l i ty .  A t  
the top of figure 15 the calculated j e t  and interference f i e l d  has been 
reproduced t o  scale i n  conjunction with a supersonic a i r c r a f t  configuration. 
For an inboard nacelle location as  shown, the j e t  interference f i e l d  would 
in terac t  with both the ve r t i ca l  and horizontal t a i l  surfaces. For an 
outboard location there would be less  need f o r  considering the jet-  
interference f ie ld ,  but the nacelle-interf erence f i e l d  would have a d i rec t  
effect .  A n  experimental example of nacelle interference obtained i n  t e s t s  
a t  the  Ames Laboratory is shown a t  the bottom of the figure. The l a t e r a l  
s t a b i l i t y  derivative Cnp i s  presented as a function of Mach number for  
the configuration shown on the r igh t  with nacelles off and fo r  the complete 
configuration. A t  low Mach numbers the nacelle interference produces a 
significant loss  i n  Cnp, whereas a t  the higher Mach numbers, where the 
nacelle nose shock interacts  with the ver t ica l  t a i l ,  t h i s  loss  i s  reduced. 
CONCLUDING RENARa 
A summary has been presented of some of the more important inter-  
ference f i e lds  tha t  may affect  s t a b i l i t y  a t  supersonic speeds. I l lu s t r a -  
t ions and calculations are included t o  show the importance of interference 
f i e lds  created by wings, bodies, wing-body combinations, je ts ,  and nacelles. 
Langley Aeronautical Laboratory, 
National Advisory Committee fo r  Aeronautics, 
Langley Field, Va., November 2, 1955. 
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